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Abstract

Reconfigurable flight control using various kinds of adaptive control methods has been studied since the 1970s to enhance 

the survivability of aircraft in case of severe in-flight failure. Early studies were mainly focused on the failure of actuators. 

Recently, studies of reconfigurable flight controls that can accommodate complex damage (partial wing and tail loss) in 

conventional aircraft were reported. However, the partial wing loss effects on the aerodynamics of conventional type aircraft 

are quite different to those of BWB(blended wing body) aircraft. In this paper, a reconfigurable flight control algorithm was 

designed using a direct model reference adaptive method to overcome the instability caused by a complex damage of a 

BWB aircraft. A model reference adaptive control was incorporated into the inner loop rate control system enhancing the 

performance of the baseline control to cope with abrupt loss of stability. Gains of the model reference adaptive control were 

polled out using the Liapunov’s stability theorem. Outer loop attitude autopilot was designed to manage roll and pitch of the 

BWB UAV as well. A 6-DOF dynamic model was built-up, where the normal flight can be made to switch to the damaged state 

abruptly reflecting the possible real flight situation. 22% of right wing loss as well as 25% loss for both vertical tail and rudder 

control surface were considered in this study. Static aerodynamic coefficients were obtained via wind tunnel test. Numerical 

simulations were conducted to demonstrate the performance of the reconfigurable flight control system.
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1. Introduction

Classical PID control has demonstrated its robustness and 

effectiveness through countless applications in various kinds 

of aircraft. However it has a weak point in that it can’t adapt 

to drastic changes in the flight dynamics of the aircraft due 

to actuator failure or the configuration change of the aircraft 

like the partial loss of a wing or tail. The performance of PID 

control deteriorates under these severe changes in flight 

characteristics, sometimes resulting in the loss of control and 

stability.

The safe landing of an Israeli Air Force F-15 after the 

loss of its right wing invoked research in reconfigurable 

flight control systems in 1983. Self-Repairing Flight Control 

System(1984~1990, NASA) and the RESTORE project are 

representative research projects of the reconfigurable flight 

control system. The Self-Repairing Flight Control System 

project assumed the conditions that the control surface lock 

failed and the right horizontal tail was missed. NASA’s F-15 

research aircraft was used for flight test from 1989 to 1990 [1]. 

The right horizontal tail missing condition was simulated by 

the combination of control surfaces’ deflection. A different 

approach using neural net adaptive control was designed 

to cope with the control surface failure or damage in the 

RESTORE project [2-4]. The reconfigurable flight control 

system was tested using the X-36 unmanned air vehicle in 
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December 1998 [5].

By the 2000s, the focus of reconfigurable flight control 

system research has switched from actuator malfunction 

to complex damage. In 2006, the hybrid direct-indirect 

neural net adaptive control method was designed and 

reconfiguration performance was tested in a medium-

fidelity simulation environment of the partial wing loss of the 

Generic Transport Model [6]. Damien B. Jordan introduced 

damage tolerant control in 2010. The automatic supervisory 

adaptive controller was designed to recover from structural 

failures and an automatic upset recovery algorithm was 

included in the attitude autopilot. The inner-loop controllers 

were composed of baseline controllers and model 

reference adaptive control to recover the degraded control 

performance of the baseline controllers. The controllers 

were implemented on a scaled unmanned variant of an F-18 

and the controller was demonstrated through flight tests in 

April 2008. The damage on the right wing, a 60% loss of the 

area moment, was tested successfully [7]. In 2013, a damage 

tolerant adaptive control for BWB aircraft was introduced. In 

this research, a neural net adaptive controller was designed to 

compensate for the baseline controller, and the performance 

was demonstrated by causing a partial loss of the left wing’s 

area moment(33%) during the flight test [8]. 

L1 adaptive control Theory was introduced in 2000’s and 

many researches of reconfigurable/damage adaptive flight 

control using L1 adaptive controller were also reported [9-12].

This paper contains a reconfigurable control design 

capable of adapting to complex damage incurred on a BWB 

UAV. The attitude autopilot and rate command following 

controller was designed as the baseline controller. The 

model reference adaptive controller was designed to restore 

the control power after the complex damage on both the 

UAV’s right wing and vertical tail. The 6-DOF model of the 

test UAV was developed using data collected from wind 

tunnel tests. The complex damage was modeled to reflect a 

loss in the area moment of 22% and 25% for the right wing 

and vertical tail(including rudder) respectively. Numerical 

simulations were conducted to show the baseline controller’s 

degradation in performance after the damage. Also, the 

performance of the model reference adaptive controller was 

demonstrated.

This paper consists of 5 sections. In the 1’st section, 

general history of the reconfigurable flight control design 

was introduced, and then modeling of the 6-DOF of BWB 

test UAV for the complex damaged state as well as normal 

state are described in the 2’nd section. The 3’rd section, 

which is main part of this paper, contains the structure of 

the reconfigurable controller and design of the each control 

loop. In the section 4, the nonlinear simulation result, 

which shows the effects of the complex damage on the 

baseline controller and the MRAC’s capability to cope with 

the damage, is presented. The final section contains the 

summary of the result of this study.

2.  Aircraft Dynamics and Complex Damage 
Modeling

The basic specification of the BWB research UAV, which is 

applied in this study, is summarized in Table 1.

Figure 1 shows the shape and dimension of the BWB 

research UAV. The normal configuration has good short 

period damping and marginally stable dutch-roll mode at 

the control law design point(100m altitude and 30 m/sec 

airspeed) as indicated in the fig. 3 and 4.

To simulate the complex damage condition of the BWB 

UAV, wind tunnel tests were performed for the 8 different 

Table 1. Specification of the aircraft 
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configurations shown in Table 2.

To estimate the aerodynamic data of complex damage 

(22% wing loss and 25% loss of vertical tail and rudder), the 

data collected from the wind tunnel test were interpolated 

under the assumption that the aerodynamic coefficients 

vary linearly between Configuration 3 and Configuration 4 in 

table2. The reference [13] contains the wind tunnel test data 

for each damage configuration.

The change of the dynamic stability derivatives like Clp
 and 

Cnr
 was also considered. It was assumed that the dynamic 

stability derivatives shall be decreased as same proportion of 

the moment area decrease.

The change of mass and center of gravity due to complex 

damage was calculated using CATIA function of inertia 

measurement. In this calculation, it was considered that the 

material properties are uniform and the change of the center 

of gravity in z-axis direction due to the partial loss of vertical 

tail can be neglected. Table 3 and 4 show the mass property 

and configuration change due to complex damage [13].

2.1 Force and Moment Equation

Aircrafts are generally assumed to be symmetric and 

have a C.G. located on the x-z plane in the body axis system 

which lead to the derivation of simple force and moment 

equations. However, once complex damage is taken into 
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consideration, these assumptions are no longer valid. In 

this paper, the following force and moment equations were 

applied to simulate the flight dynamics of the damaged 

aircraft.
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In equations (1) ~ (6), ∆x, ∆y, ∆z correspond to the variation of the C.G. caused by damage. 
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mode. Figure 3 and 4 shows the movement of the poles and the change of the trim values due to the 
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what we expected from the reference [14]. 
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Table 4. Change of the Configuration
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Table 3. Mass Property Change Due to Complex Damage 

Moment of Inertia 

(kg·m^2) 

Damage Condition Variation Due to 
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3. Reconfigurable Controller Design

3.1 Controller Structure

The overall structure of the reconfigurable controller is 

described in Fig 5. The outer loop controller was designed to 

follow the pitch and roll attitude command and the inner loop 

controller is composed of the baseline body rate controller 

and the model reference adaptive controller. The inner-

loop controllers follow the body rate commands, generated 

from the attitude errors. The turn coordination algorithm 

was applied for the yaw axis controller. The model reference 

adaptive control algorithm maintains or compensates for the 

performance of the baseline controller even for the complex 

damage.

3.2 Model Reference Adaptive Control

The reconfigurable flight control system design using the 

direct model reference adaptive control (MRAC) method 

was introduced in 2003 [15]. The MRAC method was 

composed of slow attitude model reference adaptive control 

loop and fast body rate model reference adaptive control 

loop. However, it is difficult to design these 2-loop MRAC 

because the inner-loop and outer-loop reference model 

must be set under the delicate consideration of the aircraft’s 

flight dynamics as well as the control performance. In this 

paper, a single loop MRAC was designed in the idea that the 

performance of the attitude controller is determined by the 

body rate controller. 

The nonlinear aircraft system can be linearized as follows,
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In Eq. (8), Am is a stable system matrix, Bm is an invertible 

input matrix, and r is the reference input. As the reference 

[15], the following controller was applied for MRAC.
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where C�, G� are adaptive gain matrices and ν	 is an adaptive control vector. Using the above 

control input, the output error dynamics can be derived as equation (10). 

 

�� � 	 �� � ��� � ��� � ��� � �� � ���� �	��� 

                             � �CA � CB������ � ����� � ����� 

                               �	CB������ � �� �	���� �	���                (10) 

 

To make the error converge(�� 	� ��, following equations should be considered. 

 

CA � CB��∗��∗ � ��C, �� � 	�CB��∗�∗, �� � 	CB��∗, CB��∗��∗ � 	�� � ��       (11) 

 

In the equation (11), �� is an arbitrary stable matrix and the superscript * stands for ideal gain 

matrices. By substituting the equation (11) into the equation (10), the error equation can be expressed 

as follows. 
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												�	CB��∗�                                                               

�	��� �	�CB���� � CB��∗��∗�� � ����� � ����� � �	CB���� �	����� � CB��∗�∗ 
																�	CB��∗� �	���� 
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where C0, G0 are adaptive gain matrices and ν is an adaptive 

control vector. Using the above control input, the output 

error dynamics can be derived as equation (10).
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�	��� � ����� � ��∗�� � �����∗�� � ������C�� � C�G��	 �	C��	C�K�y�� 
����� � �∗�                                                           (12) 

If we define ∆G � �� � ��∗, ∆	 � ��∗�� � ����, ∆� � 		� � �∗, and substitute the equation (9) into 

(12) we can get the following error equation. 
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From the following Lyapunov candidate function and the Lyapunov stability theorem, the update 

rules for adaptive gains can be derived. 

� � 	���� � �� �∆��	∆��� � � �� �∆��	∆�
�� � � ∆��	∆�

��      (14) 

where, ���� � 	��� � ��,											� � �. 

 

If we define the trim state as the origin, V(0) equals 0 because the error(e ), ∆G, ∆	, ∆� are 0 in 

the trim state. For the all non-zero real vector e, V(e) is positive definite, if we assume that γ� � �, 

γ� � �, γ� � �. Therefor the equation (14) satisfies the condition of the Lyapunov function. 

The time derivative of the equation (14) is as follows. 
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If we apply the error dynamics equation into the equation (15) we can get following equation. 

 

�� � ������ � ��∆G���� � ��∆Ψ���� � ∆ν���� ��� 

���	����� � ��∆G� � ��, ∆	� � ��∆�� 

���� �∆G
�	∆��
γ� � � ��� �∆Ψ

�	∆Ψ�
γ� � � ∆ν�	∆ν�

γ�  
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of the baseline body rate controller and the model reference adaptive controller. The inner-loop 

controllers follow the body rate commands, generated from the attitude errors. The turn coordination 

algorithm was applied for the yaw axis controller. The model reference adaptive control algorithm 

maintains or compensates for the performance of the baseline controller even for the complex damage. 

 

 

 

 

 

Fig. 5 Reconfigurable Control Structure 

 

3.2 Model Reference Adaptive Control 

The reconfigurable flight control system design using the direct model reference adaptive control 

(MRAC) method was introduced in 2003(15). The MRAC method was composed of slow attitude 

model reference adaptive control loop and fast body rate model reference adaptive control loop. 

However, it is difficult to design these 2-loop MRAC because the inner-loop and outer-loop reference 

model must be set under the delicate consideration of the aircraft’s flight dynamics as well as the 

control performance. In this paper, a single loop MRAC was designed in the idea that the performance 

of the attitude controller is determined by the body rate controller.  

The nonlinear aircraft system can be linearized as follows, 

 

x� � �x � �� � �      

y � �x     (7) 

where, x = [�������, u = ������������ and d denotes the disturbances and linearization error. The 

desired reference model can be set as follows. 

y�� � ����y� ����r     (8) 
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Fig. 5. Reconfigurable Control Structure
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In Eq. (8), A� is a stable system matrix, B� is an invertible input matrix, and r is the reference 

input. As the reference [15], the following controller was applied for MRAC. 

� � 	C�� � C�G��	 � 	C��	C�K�y�    (9) 

 

where C�, G� are adaptive gain matrices and ν	 is an adaptive control vector. Using the above 

control input, the output error dynamics can be derived as equation (10). 
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�	��� � ����� � ��∗�� � �����∗�� � ������C�� � C�G��	 �	C��	C�K�y�� 
����� � �∗�                                                           (12) 

If we define ∆G � �� � ��∗, ∆	 � ��∗�� � ����, ∆� � 		� � �∗, and substitute the equation (9) into 

(12) we can get the following error equation. 

 

�� � ��� � ��∆G� � ��	∆	� � ��∆�                    (13) 

 

From the following Lyapunov candidate function and the Lyapunov stability theorem, the update 

rules for adaptive gains can be derived. 

� � 	���� � �� �∆��	∆��� � � �� �∆��	∆�
�� � � ∆��	∆�

��      (14) 

where, ���� � 	��� � ��,											� � �. 

 

If we define the trim state as the origin, V(0) equals 0 because the error(e ), ∆G, ∆	, ∆� are 0 in 

the trim state. For the all non-zero real vector e, V(e) is positive definite, if we assume that γ� � �, 

γ� � �, γ� � �. Therefor the equation (14) satisfies the condition of the Lyapunov function. 

The time derivative of the equation (14) is as follows. 
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If we apply the error dynamics equation into the equation (15) we can get following equation. 
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If we define the trim state as the origin, V(0) equals 0 

because the error(e ), ∆G, ∆Ψ , ∆ν are 0 in the trim state. 

For the all non-zero real vector e, V(e) is positive definite, if 

we assume that γ1>0, γ2>0, γ3>0. Therefor the equation (14) 

satisfies the condition of the Lyapunov function.

The time derivative of the equation (14) is as follows.
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The derivation of the equations (19) to (22) from the 

equations (7) to (11) is described in reference [15]. In this 

paper, the reference model and update rule were designed 

as follows.

From the equation (8), we set the first order model which 

has natural frequency of 4rad/sec in roll motion, 3rad/sec in 

pitch motion and 1rad/sec in yaw motion as the reference 

model of body rate control as follows.
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For calculation of the gain matrix K�, Ae matrix was set as following equation (24) to have all 

negative eigenvalues. 

A� � � �
��� 0 0
0 �1.5 0
0 0 �1

�                              (24) 

 

It is very important to set γ because it determines the adaptation rate of the control gains. 

Therefore it should be designed in the consideration of the aircraft dynamics and actuator 

performance. In this paper γ was designed as following. 

 

γ� = 0.07, γ� = 0.8, γ� = 0.676,                        (25) 

 

Q matrix was set as ���, and then P matrix can be calculated from equation (14).  
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3.3 Baseline Body Rate Controller and Attitude Autopilot Design 

To meet the requiring control performance with moderate stability margin, the baseline controller 

should be designed in addition to the MRAC controller. The longitudinal axis body rate controller 

structure is shown in Fig. 6.  
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For calculation of the gain matrix K0, Ae matrix was set as 

following equation (24) to have all negative eigenvalues.
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It is very important to set γ because it determines the 

adaptation rate of the control gains. Therefore it should 

be designed in the consideration of the aircraft dynamics 

and actuator performance. In this paper γ was designed as 

following.
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Q matrix was set as 2I3, and then P matrix can be calculated 

from equation (14). 
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3.3  Baseline Body Rate Controller and Attitude Au-
topilot Design

To meet the requiring control performance with moderate 

stability margin, the baseline controller should be designed 

in addition to the MRAC controller. The longitudinal axis 
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Fig. 6. The longitudinal axis body rate controller
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body rate controller structure is shown in Fig. 6. 

In this research, the control gains were designed as 

follows.
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1.125,  = 0.1125,  = 0.1148 

The lateral-directional axis body rate controller was designed using pole placement method. The 

design point and trim state are described in Table 5. 

 

Table 5. Trim State of the Design Point 

Trim Condition 
(Design Point) 

Altitude (m) True Airspeed (m/sec) 

100 30 

Trim State 
Pitch/AOA (deg) Elevator (deg) Throttle Level Aileron/Rudder 

-0.6 -2.5 52.4% 0.0 

 

Table 6. Pole Placement Design of Lateral/Directional Body Rate Controller 

 Roll Mode Spiral Mode Dutch Roll Mode 

Original Poles -9.46 0.107 -0.1795.74i 

Desired Poles -4.0 0.1 -1.0, 0.0 

 

Designed gains are as follows. 

 

Table 7. Feedback Gains  

Control Input K_beta K_p K_r K_phi K_psi 

Aileron -0.29506 -0.00878 0.00403 0.00018 0.0 

Rudder 1.09233 -0.07520 0.12399 -0.01570 0.0 

 

The attitude autopilot design is very simple because the autopilot gain can be determined easily 

from the desired rising time. In this paper, pitch attitude and roll attitude control proportional gains 

were determined to be 1. Heading controller was designed to calculate the yaw rate command 

The lateral-directional axis body rate controller was 

designed using pole placement method. The design point 

and trim state are described in Table 5.

The attitude autopilot design is very simple because the 

autopilot gain can be determined easily from the desired 

rising time. In this paper, pitch attitude and roll attitude 

control proportional gains were determined to be 1. Heading 

controller was designed to calculate the yaw rate command 

required to coordinated turn from the phi command. 
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required to coordinated turn from the phi command.  

���� � 	 � ��� ����        (23) 

The velocity hold controller was also designed using a classical PI control structure to maintain the 

trim velocity during the simulation. 

�� �	0.25, �� = 0.06 

 

4. Simulation Result 

The nonlinear simulation was conducted using MATLAB Simulink software. The Runge-Kutta 

method was selected as the solver and sampling time was set as 20msec(50Hz frame rate). The 

actuator model was assumed to be the first order lag filter which has a time constant of 0.0625second. 

Simulation starts at the wing level trim condition and the complex damage is generated after 50second.  

Figure 7 ~ 9 show the simulation results where the baseline body rate controller and autopilot were 

activated, without MRAC. In the normal state, the aircraft follows the pitch and roll attitude 

commands. However, complex damage caused a steady state roll error of 3.4degrees which the 

baseline controller could not reduce. Even worse, the degradation of the yaw rate control invoked the 

heading divergence. 

Figure 10 ~ 12 show the response of the same simulation scenario but MRAC was activated with 

the baseline body rate controller. The aircraft follows the pitch and roll attitude commands in the 

complex damaged state as well as the normal state. Especially, yaw rate control performance was 

improved to prevent heading divergence and to maintain constant heading after roll out. Fig. 13 shows 

the variation of the adaptive gains and control vector. In the Fig. 13, C� and G� are square matrix 

which have 3 by 3 dimension however only the diagonal terms are indicated on the graph because the 

cross elements are not dominant in the update of gains. Until 5seconds, all adaptive gains and 

adaptive control vectors stay initial value, because the error is zero. As the phi command and theta 

command are applied C�, G� and ν	 start	 to	 adapt	 and	 converge	 at	 30seconds.	After	 the	 failure	
injection	the	 G� and ν	converges	to	another	value	to	adapt	the	changed	aircraft	dynamics.	The	
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Fig. 6 The longitudinal axis body rate controller 
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Table 6. Pole Placement Design of Lateral/Directional Body Rate Controller 
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Designed gains are as follows. 
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The attitude autopilot design is very simple because the autopilot gain can be determined easily 

from the desired rising time. In this paper, pitch attitude and roll attitude control proportional gains 

were determined to be 1. Heading controller was designed to calculate the yaw rate command 
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Fig. 7.Body Rate Response(without MRAC), Damage @ 50sec 

 
 
 
 
 
 
 
 
 
 

0 20 40 60 80 100
-30

-20

-10

0

10

20

 

 
P cmd
P(deg/sec)

0 20 40 60 80 100
-8

-6

-4

-2

0

2

4

 

 

Q cmd
Q(deg/sec)

0 20 40 60 80 100
-8

-6

-4
-2

0
2

4
6

 

 
R cmd
R(deg/sec)

Fig. 7. Body Rate Response(without MRAC), Damage @ 50sec
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Fig. 8.Longitudinal Response(without MRAC), Damage @ 50sec 
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Fig. 8. Longitudinal Response(without MRAC), Damage @ 50sec
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Fig. 10. Body Rate Response(Baseline CLAW + MRAC), Damage @ 50sec 
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Fig. 11. Longitudinal Response (Baseline CLAW + MRAC), Damage @ 50sec 
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Fig. 11.  Longitudinal Response (Baseline CLAW + MRAC),  
Damage @ 50sec
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Fig. 9.Lateral-Directional Response(without MRAC), Damage @ 50sec 
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complex damage is generated after 50second. 

Figures 7~9 show the simulation results where the baseline 

body rate controller and autopilot were activated, without 

MRAC. In the normal state, the aircraft follows the pitch and 

roll attitude commands. However, complex damage caused 

a steady state roll error of 3.4 degrees which the baseline 

controller could not reduce. Even worse, the degradation of 

the yaw rate control invoked the heading divergence.

Figures 10~12 show the response of the same simulation 

scenario but MRAC was activated with the baseline body 

rate controller. The aircraft follows the pitch and roll attitude 

commands in the complex damaged state as well as the 

normal state. Especially, yaw rate control performance was 

improved to prevent heading divergence and to maintain 

constant heading after roll out. Fig. 13 shows the variation of 

the adaptive gains and control vector. In the Fig. 13, C0 and 

G0 are square matrix which have 3 by 3 dimension however 

only the diagonal terms are indicated on the graph because 

the cross elements are not dominant in the update of gains. 

Until 5seconds, all adaptive gains and adaptive control 

vectors stay initial value, because the error is zero. As the 

phi command and theta command are applied C0, G0 and 

ν start to adapt and converge at 30seconds. After the failure 

injection the G0 and ν converges to another value to adapt 

the changed aircraft dynamics. The amount of the variation 

of the adaptive gains and control vectors became bigger after 

the complex damage. And it shows that the MRAC worked 

effectively to minimize the output error.

5. Conclusion

A reconfigurable flight control algorithm that can adapt to 

complex damage sustained by a BWB aircraft was designed. 

The direct model reference adaptive controller was designed 

to restore control performance after taking damage 

to the UAV’s complex damage. The simulation results 

demonstrated that the designed controller is capable of 

sustain control performance even after the complex damage 

correspond to a loss in moment area of 22% and 25% for the 

right wing and vertical tail(including rudder) respectively. 

The reconfigurable flight control was conducted only by 

adapting the inner-loop body-rate controller. If we consider 

the extended complex damage, we should take into account 

all control powers, elevators/ailerons/rudder and thrust. 

The reconfigurable flight control should be extended to flight 

planning (velocity and path planning) and the autopilot to 

trim the damaged aircraft. The landing flap configuration 

also should be considered to adapt the damaged condition. 

The scope of the future study will cover these issues.
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Fig. 12. Lateral-Directional Response (Baseline CLAW + MRAC), Damage @ 50sec 
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Fig. 12.  Lateral-Directional Response (Baseline CLAW + MRAC),  
Damage @ 50sec
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Fig. 13. Adaptive Gains (Baseline CLAW + MRAC), Damage @ 50sec 
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